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ABSTRACT 
Proximity flight systems for rendezvous-and-docking, are traditionally the domain of large, costly institutional 
manned missions, which require extremely robust and expensive Guidance Navigation and Control (GNC) solutions.  
By developing a low-cost and safety compliant GNC architecture and design methodology, low cost GNC solutions 
needed for future missions with proximity flight phases will have reduced development risk, and more rapid 
development schedules. This will enable a plethora of on-orbit services to be realised using low cost satellite 
technologies, and lower the cost of the services to a point where they can be offered to commercial as well as 
institutional entities and thereby dramatically grow the market for on-orbit construction, in-orbit servicing and active 
debris removal. It will enable organisations such as SSTL to compete in an area previously exclusive to large 
institutional players. The AAReST mission (to be launched in 2018), will demonstrate some key aspects of low cost 
close proximity “co-operative” rendezvous and docking (along with reconfiguration/control of multiple mirror 
elements) for future modular telescopes. However this is only a very small scale academic mission demonstration 
using cubesat technology, and is limited to very close range demonstrations. 
This UK National Space Technology Programme (NSTP-2) project, which is being carried out by SSTL and SSC, is 
due to be completed by the end of November 2017 and is co-funded by the UK Space Agency and company R&D. It 
is aiming to build on the AAReST ("Autonomous Assembly of a Reconfigurable Space Telescope") mission (where 
appropriate), and industrialise existing research, which will culminate in a representative model that can be used to 
develop low-cost GNC solutions for many different mission applications that involve proximity activities, such as 
formation flying, and rendezvous and docking. The main objectives and scope of this project are the following: 
 Definition of a reference mission design (based on a scenario that SSTL considers credible as a realistic 
scenario) and mission/system GNC requirements. 
 Develop a GNC architectural design for low cost missions applications that involve close proximity 
formation flying, rendezvous and docking (RDV&D) - i.e. “proximity activities” 
 Develop a low cost sensor suite suitable for use on proximity missions 
 Consider possible regulatory constraints that may apply to the mission 
The SSTL/SSC reference mission concept is a “co-operative” two-spacecraft rendezvous and docking mission 
demonstrator using microsatellites (an active Chaser and a passive Target), however the GNC model is generic and 
can be utilized for other “non-co-operative” rendezvous and docking missions. This paper presents the latest results 
from the study, particularly the mission analysis, GNC simulation and modelling, sensors, and key mission and 
spacecraft systems aspects. The results so far show that such a GNC model and mission demonstrator is feasible, 
and in line with anticipated UK regulatory constraints that may apply to the mission. 
KEYWORDS:   Rendezvous and Docking, GNC, Mission Analysis 
Copyright © 2017 by SSTL. Published by the British Interplanetary Society with permission 
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INTRODUCTION/MOTIVATION 
Proximity flight systems for rendezvous-and-docking, 
have traditionally been the domain of large, costly 
institutional manned missions which require extremely 
robust and expensive GNC solutions.  
However, we are now entering into a new and exciting 
era of space exploitation, with a significant number of 
new mission applications on the horizon (and in some 
cases already being investigated) which will require 
close proximity rendezvous and docking and/or 
formation flying, to enable the creation of new space 
services, and the generation of new commercial and 
institutional markets on-orbit. These missions in turn 
will require lower cost GNC approaches, in order to be 
commercially competitive, whilst still being safety 
compliant.  
The potential to bring two or more spacecraft into close 
proximity in a safe manner, has a number of future 
applications: 
 Involving docking or controlled physical contact of 
spacecraft: 
o Assembly of structures in space that are too 
large or massive to launch as a homogeneous 
structure (e.g. space telescopes) 
o Repair of satellites that are damaged or failed 
o Re-fuelling of satellites  
o Movement of satellites to new orbital locations 
(i.e. a “space tug”) 
o Capture and disposal of space debris 
 Involving close proximity orbital operations 
without physical contact 
o Inspection missions to observe and document 
the physical status of other satellites (e.g. for 
insurance or intelligence purposes) 
o Distributed science or Earth observation 
missions (e.g. bi-static or multi-static radar) 
All of these applications require the ability for a 
spacecraft to safely operate in close proximity to other 
assets in space, something that is not normally part of 
most current space missions.  Here ‘close proximity’ is 
taken to mean down to separation distances of metres or 
closer, bearing in mind that a docking of two satellites 
is actually a controlled and managed “collision” (i.e. 
down to zero separation distance with a controlled 
“collision” velocity).  
An important differentiator between types of mission is 
whether the ‘target object’ (i.e. the object being 
observed, captured, or docked onto) is cooperative or 
uncooperative. In a cooperative scenario the target is 
under control and is operational.  It can therefore itself 
be manoeuvred if required, and can adopt different 
attitudes if needed (e.g. to align a docking port with the 
approaching satellite). In the uncooperative scenario, 
the target is uncontrolled and may have any arbitrary 
attitude. The latter has the potential to be a much harder 
situation in terms of RDV as the target cannot assist in 
the close proximity operations. On the other hand co-
operative scenarios require both spacecraft to work 
together, and in the case of large telescopes will 
eventually require multiple elements to coalesce. 
Additionally the dynamics of the Hub would be 
constantly changing as it grows in size. 
For extremely large orbital structures such as sparse 
aperture telescopes, next-generation communication 
antennas and space tourism assets, In-orbit construction 
is considered a lower cost method than launching 
carefully stowed and elaborately deployed monolithic 
structures, due to the reduced level of structural 
analysis necessary and the relaxed requirements on the 
materials used for the structure. In brief, it is much 
easier to construct a large structure in space when one 
does not have to also consider how to make it survive 
launch in one piece and fit within a launch vehicle 
fairing. It is for this reason that SSTL and SSC consider 
in-orbit construction the more appropriate future 
technical route for large in-orbit structures than 
monolithic deployable structures, and the techniques 
developed and demonstrated by a GNC validation 
simulator will go a long way to achieve that ultimate 
end goal.  
Indeed SSC are already actively involved the AAReST1 
mission (launch expected in 2018), which will 
demonstrate some key aspects of low cost in-orbit 
assembly (including close proximity rendezvous and 
docking) and reconfiguration of a space telescope based 
on multiple mirror elements. 
 
Figure 1: The AAReST1 Industrialised Mission 
Concept (left), leading to larger in-orbit 
construction missions (right), which require detailed 
GNC modelling and design solutions 
However this is only a very small scale academic 
mission demonstration using three cubesats (a “Fixed 
Core NanoSat” plus 2 separable “MirrorSats”), and is 
only limited to very close ranges (the spacecraft are 
initially joined together). 
Eckersley 3 Reinventing Space Conference 2017 
For this study, a cooperative two-spacecraft rendezvous 
and docking mission demonstrator using microsatellites 
(an active Chaser and a passive Target), is assumed as 
the reference mission, as this will be a natural follow-
on to the ARReST telescope scenario, and a landmark 
demonstrator mission for larger multi-spacecraft 
demonstrations and ultimately even larger mission 
concepts such as persistent surveillance from GEO and 
very large astronomical telescopes (with large primary 
mirrors of 25m or greater), such as the GOAT2 (Giant 
Orbiting Astronomical Telescope) concept – See also 
Figure 2.  
 
 
Figure 2: Conceptual 25m primary diameter 
modular GOAT telescope2 
As such the information shown in this paper 
concentrates on cases where the attitude and position of 
the target object can be controlled. However the GNC 
model is intended to be generic and can be utilized for 
other “non-co-operative” rendezvous and docking 
missions. 
This paper provides a concise summary of the latest 
findings and results from the study, particularly the 
mission analysis, sensors, key mission and spacecraft 
systems aspects, and GNC simulation and modelling. 
STUDY OVERVIEW  
The purpose of this UK NSTP-2 project, in the context 
of long term SSTL roadmaps, is to jump-start the 
industrialisation of existing research - building on the 
AAReST mission where appropriate, culminating in a 
representative model that can be used to develop GNC 
solutions for many different mission applications that 
involve formation flying, rendezvous and cooperative 
or uncooperative docking – known also as “proximity 
activities”. The study is being led by SSTL as the lead, 
with SSC providing technical support on proximity 
sensor development. The study is due to be completed 
by the end of November 2017 and is co-funded by the 
UK Space Agency (UKSA).  
The main objectives and scope of this project are the 
following: 
 Definition of a reference mission design (based on 
a scenario that SSTL considers credible as a 
realistic scenario for future RDV&D missions) and 
mission/system GNC requirements. 
 Develop a GNC architectural design for low cost 
missions applications that involve close proximity 
formation flying, RDV&D - i.e. “proximity 
activities” 
 Develop a low cost sensor suite suitable for use on 
proximity missions 
 Consider possible regulatory constraints that may 
apply to the mission 
The early phases of the study involved the definition of 
a preliminary reference mission and requirements, a 
review of regulatory aspects, and a trade-off of sensors 
and GNC architectures. The high level “User 
Requirements” are defined as follows: 
 Define a reference mission (co-operative or non-
co-operative) 
 Be compatible with a low-cost launcher 
 Perform safe rendezvous and docking and generate 
no debris 
 Comply with the UKSA legal, licensing and 
regulatory framework in order to be eligible for a 
UK space licence (inc. UK Space debris mitigation 
standards) 
 Assume a launch for the reference mission before 
2025 
 Develop a flexible GNC design which can (if 
possible) apply to both co-operative and non-co-
operative missions (note that this should not drive 
the design if there is a clear much lower cost option 
for the selected mission) 
 Implement "low cost" GNC equipment for the 
RDV&D, where possible 
 
Eckersley 4 Reinventing Space Conference 2017 
These User Requirements were then used to derive a 
more detailed set of mission and GNC requirements. 
Some examples of key driving requirements are: 
 To be one failure tolerant to a single failure and be 
able to continue the mission, and two-failure 
tolerant to avoiding a catastrophic situation (i.e. a 
collision between the constituent spacecraft). This 
is common for RDV&D missions but not normally 
applicable for normal missions. 
 To start homing from 10km range and perform the 
relative navigation from at least 1km 
 To perform proximity operations (inc. pose 
estimation) from 100m and the close approach 
from at least 10m 
 To complete docking for all spacecraft in 6 months 
 
Two reference missions have been defined as part of 
the study rather than one, in a more logical sequential 
two-step approach: 
 A longer term “co-operative” Earth Observation 
(EO) telescope demonstrator in LEO” using 8 
modular spacecraft – see Table 1 and Figure 3). 
This is intended to define the longer term direction 
of the application and developments. 
 A shorter term lower complexity but safety 
compliant “co-operative” two-spacecraft RDV&D 
precursor mission demonstrator using 
microsatellites (an active Chaser and a passive 
Target) (see Table 2 and Figure 4). This is the 
baseline reference mission and the focus of the 
study (and this paper).  
Note that, whilst the focus in on “co-operative” 
missions, the GNC model is intended to be generic and 
can be utilized for other “non-co-operative” rendezvous 
and docking missions. 
Table 1: Longer term reference mission – EO 
telescope demonstrator in LEO 
Parameter Characteristics 
Mission 
Application 
Large optical telescope demonstrator in LEO for Earth 
Observation in the visible wavelength range 
Number of 
spacecraft 
Eight spacecraft (~150kg each): 
 6 Primary Mirror Segment Spacecraft 
 1 Primary Detector Spacecraft 
 1 Secondary Mirror Spacecraft 
Payload 
 Instrument: Optical telescope (Visible Range) 
 Ground sample distance: 0.15m, PAN 
 Overall Primary mirror diameter: 1.75m 
 Primary to Secondary separation: 3.25m 
Orbit 
 LEO Altitude: 500 km, Sun-Synchronous 
 10:30am Ascending Node 
RDV Co-operative Mission 
 
1.16m
3.25m
1.75m
0.6m
 
Figure 3: Longer term reference mission EO 
telescope demonstrator in LEO using 8 modular 
spacecraft 
This was then followed by a trade-off of the 
Rendezvous sensors and GNC/propulsion systems up 
until the mid-term review.  
In parallel a thorough review of regulatory aspects 
(particularly UK as the assumption is that the design 
would need to be UK-licensing compliant) was carried 
out. A dedicated regulatory aspects meeting with 
UKSA’s licensing department was held, and they 
agreed that at least one simpler precursor demonstrator 
mission would likely be required to de-risk the 
RDV&D. They also provided a draft list of licensing 
questions that would be applicable for future missions 
involving rendezvous and docking, and it was clear that 
mission safety and robustness will be a major driver of 
the spacecraft design.  
The second phase of the study (until end of September 
2017) has been focused on the following using the 
baseline reference mission:  
 Detailed modelling of the GNC architecture and 
the reference mission scenario to define the system 
performance and behaviour (wrt the requirements). 
Three main topics have been analysed: 
o Mission Analysis 
o Detailed GNC simulation and modelling 
o Systems related to the GNC and CONOPS 
 Testing and bread-boarding of proximity sensors. 
This paper focuses on the results so far from Phase 2 of 
the study. The remaining work is for SSTL and SSC to 
jointly conduct a developments and road-mapping 
exercise to define the needed development plans for 
flight implementation. The study will end with a final 
review in mod-November 
BASELINE REFERENCE MISSION(S)  
Table 2 summarises the updated mission parameters for 
the precursor demonstration mission, with 2 spacecraft 
(i.e. a target and chaser). This is envisaged to be a 
maximum 6 month mission in line with the requirement 
to carry out RDV&D within 6 months. 
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Table 2: Baseline Reference mission – Co-operative 
RDV&D Precursor Demonstration Mission 
Parameter Characteristics 
Mission 
Application 
Co-operative RDV&D Precursor Demonstration 
Mission  
Mission Lifetime Maximum 6 months 
Number of 
spacecraft 
Two spacecraft: 
 1 Active “Chaser” Spacecraft 
 1 Passive “Target” Spacecraft 
Rendezvous 
Sensors 
Chaser: Relative GPS, Proximity Camera, 
COTS LIDAR 
Target: Relative GPS, Glyph/LED panel 
Other Sensors Video Camera on each spacecraft 
Docking System Variant of AAReST’s Electromagnetic System 
Orbit LEO Altitude: 500 km 
Launch PSLV with an arbitrary ejection scenario 
Spacecraft Size 
Hexagonal Cylinders: Same as the Optical 
telescope demonstrator  
Spacecraft Mass 
Assumed 
150kg assumed for mission analysis and design 
estimates 
Propulsion 
 Xenon (Warm and Cold Gas) 
 Thrust: 100mN (2x 50mN thrusters) 
Inter-spacecraft 
Communications 
S-Band 2-way Intersatellite Link (ISL) 
 
Chaser
Target
 
Figure 4: Baseline Reference mission – Co-operative 
RDV&D Precursor Demonstration Mission 
As the RDV&D precursor demonstrator is primarily 
aimed at demonstrating co-operative RDV&D for a 
modular optical telescope demonstrator mission, the 
broad platform concept for the telescope demonstrator 
mission is retained which uses a hexagonal structure. 
However this is largely arbitrary, so long as the 
diameter is at least the same as for Optical telescope 
demonstrator. In fact a pure RDV&D demonstration 
does not even need to be hexagonal and it may be more 
cost effective to consider more standard SSTL 
platforms for the first mission. Nevertheless it provides 
some basic parameters for mission analysis and GNC 
purposes (i.e. drag, control etc). 
It is also sensible to try to make the Target very similar 
to the chaser in terms of hardware, and thus lower the 
cost. It is generally cheaper to build two identical or 
very similar spacecraft than it is to build two different 
spacecraft. Thus the Target is assumed to be the same 
design as the Chaser, except where there are payload 
equipment differences. 
MISSION ANALYSIS 
Introduction 
SSTL have carried out substantial mission analyses 
throughout the study. This has been iterated as the 
study has evolved. For this study, the scenario is 
assumed to be a cooperative RDV (as per future 
modular telescopes such as in RD2), and as such the 
mission analysis concentrated on cases where the 
attitude and position of the target object can be 
controlled. The focus of this paper also reflects this. 
However, a range of other potential scenarios were also 
analysed for broader use and are also briefly covered 
here. 
Background 
The orbit of the target object is assumed to be in Low 
Earth Orbit (LEO) near circular orbit.  For the analysis 
show herein an eccentricity of e~0.001 is used for most 
of the analysis as this is typical of most LEO missions.  
For a satellite at ~500 km altitude this corresponds to a 
difference between the perigee and apogee radius of 
~13.5 km. 
When two space objects share a similar near-circular 
orbit, and are in relatively close proximity to each 
other, it is convenient to describe the relative motion of 
the objects with respect to another, in a coordinate 
frame that is centred on – and moves with – one of the 
two objects. A natural reference frame is one centred on 
the Target vehicle, which acts as the coordinate origin. 
As long as the orbit is near circular, and the distance 
between the two objects is small compared to the 
orbital radius, then a linearized set of equations can be 
used to describe the motion of the Chaser with respect 
to the Target.  These equations are commonly known as 
the “Clohessy Wiltshire” (CW) equations. As described 
in Ref 3, the CW equations can be used to derive useful 
– and simple – equations that can be used to describe 
the motion of the Target with respect to the Chaser 
when an impulse or force is applied to the Chaser 
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spacecraft.  These can then be used as inputs into more 
detailed numerical modelling. 
In general, with the coordinate system centred on the 
Target, a series of ‘bars’ are defined which are centred 
on the Target (see Figure 5). This system rotates with 
the spacecraft along its orbit at a rate equal to 1/P where 
P is the orbit period.  
 
Figure 5: Definition of V-Bar and R-Bar (an 
additional H-bar completes the coordinate axes, and 
points out of the plane of the paper).  In the example 
the Chaser has a relative position of –x on the 
Target V-bar, and +y on the Target R bar.   
The baseline GNC design envisages firing pairs of 
Xenon thrusters for ΔV translation, which would give a 
total thrust to the spacecraft of 100 mN. For the size 
and mass of spacecraft envisaged in this study (~150 
kg) this brings up an important aspect relating to how 
“impulsive” on-orbit manoeuvres can be with this kind 
of system. Typically most GNC and RDV literature 
assumes impulsive manoeuvres as this significantly 
simplifies the analysis. In a true impulsive manoeuvre 
the spacecraft’s velocity is changed instantaneously 
whilst its position vector remains the same.  In practice 
of course any ΔV is generated by a finite thruster force, 
T providing an acceleration, a, to the spacecraft (mass 
M) which is integrated over some time Δt. 
A manoeuvre is typically defined as ‘impulsive’ if Δt is 
much less than the orbit period of the spacecraft, such 
that in this time the position vector of the spacecraft 
does not change appreciably. Taking 1% of the orbit 
period as a reasonable approximation of ‘much less 
than the orbit period’, for a LEO satellite with ~6000 s 
period, burn times of ≤ 60 sec are required to keep with 
the impulsive approximation.  
If short impulsive manoeuvres of no more than 60 sec 
are desired, then the maximum ΔV available is 0.04 m/s 
(using radially directed burns), which would correspond 
to a displacement of only ~144 m on the V-bar.  
As shown later in this paper, ΔV’s of 0.04 m/s or lower 
are required during parts of typical RDV missions, and 
as such can be treated impulsively.  However, much 
larger ΔV’s are ideally needed during the early parts of 
the mission (e.g. phasing and long range rendezvous).  
Theoretically these could be delivered impulsively with 
a larger propulsion systems.  However, for example, the 
mission scenario calls for an approach to 10km and 
then down to 1km as part of the rendezvous phase. To 
move ~10 km distance along the V-bar using ~0.1 km 
sized hops (i.e. with impulsive manoeuvres) would take 
~100 separate manoeuvres on the spacecraft.  Each hop 
(if using radial burns) takes half an orbit (e.g. ~50 min) 
which implies that even if there was no waiting period 
between each hop, then to traverse this 10 km would 
take 5000 minutes or 3.5 days.  This however could be 
an acceptable trade-off considering the cost-benefit of 
using low thrust resistojet technologies compared to 
higher thrust systems. Furthermore in many mission 
scenarios there is no particular advantage in ‘going 
quickly’ and a ‘slow and steady’ approach is perfectly 
acceptable.  
Indicative Mission Scenarios 
As part of the study, a number of different scenarios, 
with differing levels of mission complexity, have been 
analysed and examined. All assume a two-satellite 
demonstration mission, with both satellites launched on 
the same launch vehicle.  The scenarios cover: 
 The initial launch and separation of the two 
satellites 
 Different approach, rendezvous, proximity 
operations, and docking options. 
 Un-docking of the two satellites 
 Possible collision avoidance scenarios 
The focus of this paper is on the mission analysis for 
the reference mission (co-operative RDV) which 
utilizes a “straight V-bar” approach. 
Both the Target and Chaser are initially assumed to 
have identical physical characteristics and orbit: 
 Semi-major axis: 6878 km (altitude ~500 km) 
 Eccentricity: 0.001 
 Mass: 150 kg 
 Maximum cross-sectional area: 0.9m2  
 Propulsion:  Xenon 
o Isp: 48 sec (Resistojet), 30s (Cold Gas) 
o Thrust: 0.1 N 
All orbits are propagated numerically including the 
effects of the Earth’s J2 oblateness term. Atmospheric 
drag perturbations are also modelled. 
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Initial Launch and Early Operations 
For the purposes of this study, the Indian PSLV 
launcher is assumed.  This launcher has the ability to 
carry multiple vehicles on a variety of different 
carrying structures and adapters.   
A number of different possibilities exist for how the 
satellites could actually be deployed. One example is 
given here as an indicative scenario. In this case, the 
two satellites are assumed to be ejected simultaneously 
from an upper stage both with differing ejection 
velocity magnitudes and directions.   
As shown in the diagram in Figure 6, the two satellites 
are assumed to be ejected from the upper stage at an 
angle to the velocity vector of the stage.  The ejection 
velocity relative to the upper stage, is tuned so that 
V1>V2.  The net effect of both of these effects is that 
the two satellites drift apart in all three dimensions 
(radially, along-track and cross-track). A similar 
approach was used in the launch of the three SSTL 
DMC-3 satellites on PSLV for example.  The ejection 
angle, β, is taken as 5°, and the differential between the 
velocities is 0.05 m/s.  Tuning of ejection systems (e.g. 
clamp bands and push-off springs) to this level of 
fidelity is well within the capabilities of state of the art 
mechanisms. 
 
Figure 6: Sketch of upper stage deployment 
The initial baseline is to assume a 10 day period for 
initial LEOP and commissioning, and in this period it is 
assumed that no manoeuvres take place on the 
spacecraft.  In this time the two spacecraft drift apart by 
~130 km.  
Although both spacecraft are assumed to initially be 
identical, the Target spacecraft will use less propellant 
than the Chaser, and as such it will experience less drag 
than the Chaser. As a result, it is advantageous for 
passive safety reasons3, for the chaser to approach the 
target from ‘ahead’, i.e. the chaser approaches in an 
anti-velocity direction from the viewpoint of the Target. 
Therefore in terms of the launch, we would like the 
spacecraft to naturally drift apart such that the Chaser 
ends up lying ahead of the Target satellite. Counter 
initiatively, this requires the Target satellite to have the 
larger of the two ejection velocities from the launcher.  
Naively it would be assumed that this would cause the 
Target to drift away ahead of Chaser which of course is 
not the desired outcome. However, the larger ejection 
ΔV actually causes the satellite to be thrown into a 
slightly higher orbit, which has a lower mean motion 
that the Chaser, and hence then causes a relatively 
backward drift of the Target compared to the Chaser. 
Initially the Target moves ahead of the Chaser, but the 
effect of the larger ΔV is to loop the spacecraft back 
over the Chaser from where it then drifts backward (i.e. 
the Chaser drifts forward in a series of loops along the 
Target V-bar). The net result is a passively safe 
trajectory that causes the Chaser to drift forward along 
the V-bar whilst ‘orbiting’ around the V-bar due to the 
small (~20m) cross-track difference imparted by the 
differential ejection angles.  
After 10 days the Chaser spacecraft reaches a point 
where it is ~130 km along the Target V-bar and ~1.4 
km radially below the Target. At this point the 
spacecraft has to start moving back towards the Target 
to initiate a rendezvous. In this first phase after launch, 
the objective is to bring the Chaser back to a position 
10 km away from the Target, as a ‘far rendezvous’. 
From there the Chaser will hold before initiating the 
close range rendezvous and proximity operations.  
Because of the large separation between the two 
satellites after 10 days, there is minimal risk in using 
tangential impulses to initiate a return trajectory. As 
shown previously these are considerably more efficient 
than radial impulses in terms of ΔV.  Furthermore, the 
large separation range at this point means that even if a 
tangential manoeuvre was missed or there was some 
other anomaly causing an undesired drift towards the 
Target, there would be sufficient time to either a) 
correct the anomaly on the Chaser and re-attempt the 
manoeuvre, or b) manoeuvre the Target to avoid any 
risk (cooperative scenario).  This is only acceptable due 
to the large range and small manoeuvre sizes that are 
needed. As shown later in this paper, when at close 
range, radial impulses are preferred for their passive 
safety characteristics. 
The approach modelled here is for a series of small 
Hohmann transfer manoeuvres to be initiated by the 
Chaser spacecraft. The objective is to raise the orbital 
altitude of the Chaser relative to the Target, so that it 
drifts back towards the Target. Because of the limited 
thrust and ΔV capability on the spacecraft, the actual 
transfer to this higher orbit is split into 2 smaller 
manoeuvres. In the scenario modelled here, two 
Hohmann transfers are initiated by the Chaser, each one 
requiring two manoeuvres each of 0.02 m/s magnitude 
(four burns in total for an aggregate ΔV of 0.08 m/s).   
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Each 0.02 m/s manoeuvre requires an impulse of ~30 
second duration from the spacecraft. This raises the 
Chaser orbit sufficiently for it to slowly drift back 
towards the Target at a rate of ~8 km/day. At this rate it 
takes ~15 days for the Chaser to start to approach the 
10km far rendezvous point. When close to the 10km 
range point, a small braking manoeuvre is initiated.  
This is again a Hohmann transfer to lower the altitude 
of the spacecraft, bringing its mean motion closer to the 
Target, and slowing the drift rate. In the case here this 
is initiated when at ~13 km range, although it could be 
applied at any point. A Hohmann manoeuvre of 0.02 
m/s in total (2 burns of 0.01 m/s each) slows the drift 
rate to ~3 km/day, meaning the Chaser then has ~24 
hours to drift in towards the 10 km far rendezvous 
point.   
When the range reaches 10km along the V-bar a stop 
manoeuvre is applied. This is a radially directed 
impulse, that targets minimising the differential semi-
major axis and eccentricity between the two spacecraft 
(slowing the relative drift to as close to zero as 
possible). In this case the ΔV needed is 0.084 m/s. This 
is a relatively large manoeuvre (~120 s burn time), but 
should be achievable with the given thruster layout and 
the proposed thruster-controlled attitude mode on the 
spacecraft. The trajectory up to 10 km range is shown 
in Figure 7: 
 
Figure 7: Relative motion of the Chaser relative to 
the Target in the R-bar, V-bar plane 
In total therefore the time from launch to get back to 
10km range is ~27 days as shown in Figure 8. The total 
ΔV is 0.184 m/s, and so is not expected to be a major 
mission driver.   
 
Figure 8: Total Chaser-Target range following 
launch 
Approach, Rendezvous and Close Proximity Operations 
Following the initial LEOP and far rendezvous phase 
described in the preceding section, the chaser will be 
~10 km distant from the Hub on the V-bar. From this 
point a number of different approach strategies can be 
adopted. A number of different options have been 
explored as part of the study, with differing levels of 
complexity and orbital manoeuvring needed. 
Strategy to move from 10km to 1km  
Once the spacecraft has manoeuvred back to a point 
10km distant from the Target, then it has achieved a 
‘far rendezvous’. Now the Chaser moves to ~1 km 
distant from the Target, from where a close rendezvous, 
and the true ‘proximity’ operations start.  To cover this 
movement from 10km to 1km, two options are 
available: 
 Use a series of small radial hops to ‘nibble’ along 
the V-bar towards the Target.  This is completely 
passively safe, but requires a high number of 
manoeuvres on the spacecraft, and so could be 
operationally intensive. 
 Use a single impulse tangential manoeuvre, to set 
up a drift trajectory that naturally moves towards 
the Target. This does result in motion that causes 
the Chaser to continuously move towards the 
Target, and this does raise safety issues.  However, 
as shown below, with a sufficiently small impulse, 
the drift rate is relatively slow taking. Even if a 
stop manoeuvre was missed for any reason, there 
would still be many hours for either the Chaser or 
Target to attempt corrective or evasive 
manoeuvres. 
If we wish the spacecraft manoeuvres quasi-impulsive, 
then it is assumed that the magnitude of the radial hop 
ΔV is assumed to be limited to 0.04 m/s, as discussed 
earlier. Each hop therefore takes 0.08 m/s, and moves 
the Chaser ~150 m along the V-bar. It therefore takes 
62 separate hops (124 manoeuvres in total) to reach 
1km range (taking 5.2 days in total). The total ΔV is 
4.96 m/s. Conversely the tangential drift uses a single 
starting impulse of 0.02 m/s and drifts across the 9km 
in 1.75 days. As the drift is uncontrolled in this case, a 
dedicated braking manoeuvre is needed in this case to 
bring the spacecraft to a stop just prior to reaching 1km 
(0.02 m/s), followed by a final ‘trim’ burn using a 
passively safe radial burn to reach 1km. 
The trajectory for both options is shown in Figure 9. 
Both options are a possibility for the mission, and the 
time and ΔV must be traded against the risk (real and 
perceived) that each option represents.   
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Figure 9: Relative motion of the Chaser relative to 
the Target when moving from 10km to 1km range.  
The bottom plot shows the final elements of the 
trajectory when close to 1km range.   
In addition, when at 10km at the beginning of this 
phase, the Chaser spacecraft has an out of plane (H-bar) 
motion with respect to the Target. This is due to the 
relative ejection angle of the two spacecraft from the 
upper stage as described earlier. Although at ~10 km 
range between the spacecraft, this cross-track motion 
does not cause any particular operational or safety 
issue, it is convenient to reduce the magnitude of the 
out-of-plane motion at this point. In terms of the H-bar 
motion of the Chaser just prior to arrival at 10km V-bar 
range, the spacecraft has an out-of-plane oscillation of 
~±60m (having grown from 20m at launch vehicle 
ejection due to J2 induced drift of the two (Chaser and 
Target) orbit planes due to their slightly different 
orbital elements during the preceding mission phases). 
When the spacecraft crosses the V-bar/R-bar plane (i.e. 
when the H-bar range is zero) an appropriately directed 
ΔV can be used to remove some or all of the H-bar rate.   
Approach Strategy to move from 1km to 100m Range 
From 1km to 100m range represents the next element of 
the rendezvous phase. As the separation between the 
satellites is now much closer than the previous case, 
radial hop manoeuvres are used exclusively to transit 
along the V-bar. Figure 10 shows the trajectory in the 
V-bar/R-bar plane in this case. Initially it is assumed 
that the spacecraft sits at 1km for one day prior to 
initiating the approach.  This can be seen in Figure 10 
as the thicker line oval at ~1km range.  This is the 
spacecraft experiencing a slow backward drift due to 
the differential area-to-mass of the two spacecraft. As 
shown, the spacecraft only drifts ~10m backwards in 
one day, thus effectively remaining stationary with 
respect to the Chaser, and thus affecting propellant-free 
station keeping.  As the spacecraft then crosses the V-
bar it then initiates a series of 12 radial hop manoeuvres 
(each consisting of 2-off 0.02 m/s manoeuvres) to bring 
the spacecraft to ~150m range.  From here a final stop 
and trim manoeuvre can be used to put the spacecraft 
onto the V-bar at 100m range.   
 
Figure 10: Relative motion of the Chaser relative to 
the Target when moving from 1km to 100m range.   
Up until this point, it is acceptable to allow the Chaser 
spacecraft some degree of ‘oscillation’ in both V-bar 
and R-bar when moving closer to the Target, and this 
can be seen in the ‘looping’ nature of the spacecraft 
with each V-bar hop. This arises if the accuracy of any 
targeting sequences are relaxed and the manoeuvres are 
applied ‘open-loop’ with fixed ΔV. This is perfectly 
acceptable when at longer distances from the Target, 
and from a planning and operations point of view is a 
simpler procedure.  In this case the spacecraft is simply 
instructed to execute a ΔV manoeuvre of a fixed size 
and fixed orientation at a certain time epoch. As long as 
the orbit knowledge of the both spacecraft is accurate 
(which should be achievable with Relative GPS) then 
this approach yields satisfactory results. However, at 
~100 m, the Chaser GNC sensors (optical cameras) will 
also start to acquire the pose of the Target and the 
system can transition to closed-loop manoeuvres (using 
both the relative GPS navigation and optical camera 
data). The spacecraft can then target a stop manoeuvre 
on the V-bar at 100m range. We also wish in this case 
to null out the relative radial velocity, so that the 
spacecraft comes to rest at 100m range. 
This can be achieved with a two impulse manoeuvre, 
but in this case the burns are not identical. Instead of 
open-loop manoeuvres, in this case a differential 
correction targeting routine is used to solve for the 
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components of the ΔV vector that will result in the 
desired end state for the spacecraft. In the example 
here, we wish to arrive at 100m range with minimal 
relative semi-major axis and eccentricity between the 
two spacecraft (to arrest any V-bar drift) as well as 
reducing the radial-rate to as close to zero as possible 
(removing the radial oscillatory movement of the 
spacecraft). This can be numerically solved as there are 
three control variables (the three components of the ΔV 
vector) being used to target three parameters (semi-
major axis, eccentricity and radial rate). Initially a burn 
with magnitude 0.0053 m/s is applied (~10 sec burn) 
which puts the spacecraft on a trajectory that will 
intersect the V-bar at the next crossing at 100m range.  
At the V-bar crossing a second manoeuvre, this time 
with magnitude 0.0156 m/s is then applied. The 
components of the two burns are shown in Table 3. 
Table 3: Components of the ΔV vectors needed to 
arrive at 100m Chaser-Target range 
Start Manoeuvre 
X (Velocity): 0.00451 m/s 
Y (Normal): 0.00000 m/s 
Z (Co-Normal): 0.00286 m/s 
Stop Manoeuvre 
X (Velocity): -0.00446 m/s 
Y (Normal): 0.00000 m/s 
Z (Co-Normal): 0.01496 m/s 
The Chaser can safely sit on the V-bar at this point, and 
as with the example above at 1km, it will experience a 
slow backwards drift. In this case because of the 
‘closed-loop’ targeting the drift is extremely slow. For 
example, the drift of the Chaser over 24 hours after 
arrival at the 100m point, is only ~2m backwards. The 
radial oscillation has also be reduced to ~±0.5 m.   
Final Approach to move from 100m to Docking 
From the 100m holding point, the spacecraft can initiate 
the concluding approach, the close rendezvous and 
inspection, and the final docking sequence. 
When at 100m, although the spacecraft has very small 
R-bar and V-bar errors, it still has residual cross-track 
motion at this point, and this must also be nulled-out for 
a successful docking. Similar to the approach when at 
10km, an out-of-plane manoeuvre applied at the V-bar 
crossing can be used to remove the out of plane motion.  
A ΔV of 0.0065 m/s applied in the direct of the orbit-
normal is sufficient to effectively scrub-out the H-bar 
oscillation.  Immediately after this ΔV, a series of very 
small radial hop manoeuvres can be used to bring the 
spacecraft to 10m range from the Target. This sequence 
has 4 hops, each using 2-off manoeuvres of 0.005 m/s, 
followed by a slightly smaller radial hop to target 10m 
range with a ΔV’s of 0.0024 m/s and 0.0026 m/s.  The 
trajectory is shown at Figure 11. Note that by this point, 
due to the nulling manoeuvre carried out earlier at 
100m, the H-bar error has now been reduced to a very 
small value (~±4 cm).   
 
Figure 11: Relative motion of the Chaser relative to 
the Target over moving from 100 m to 10 m range.   
The final approach to a docking with the Target, starts 
at 10m range. At this point the range is low enough for 
the GNC LIDAR to acquire the target, and this can be 
used alongside the optical navigation sensors for 
closed-loop trajectory control. In the simulation 
software used here, a true closed-loop GNC model is 
not possible, but as for the previous examples, a 
numerical differential correction routine can be used to 
solve for the desired end-state given initial conditions 
and control variables.   
Based on available data on the proposed docking 
mechanism a relative velocity of 0.01 m/s at contact is 
within the acceptable capture criteria for the 
mechanism. The forced motion approach therefore 
starts when the Chaser arrives at 10m range, where the 
radial stop manoeuvre of 0.0026 m/s is applied, before 
a tangential impulse of 0.01 m/s is immediately applied 
in the anti-velocity direction. Then immediately 
following this tangential impulse, a radial forcing thrust 
is applied to hold the spacecraft on a straight line 
trajectory. The differential corrector is then used to 
solve for the components of the forcing thrust to drive 
the Chaser towards the Target spacecraft. The scenario 
is illustrated in Figure 12. 
 
Figure 12: The final forced motion (straight-line) 
approach trajectory from 10m to docking.  The red 
sphere represents a volume of radius 10m around 
the Target spacecraft.   
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Although the trajectory visually looks like a straight 
line, in actuality the spacecraft is moving on a slightly 
curved path.  However, as long as the spacecraft arrives 
at the Target within a 45° cone centred on the docking 
mechanism, and with a relative velocity of 0.01 m/s 
when at 0.5m range then the proposed magnetic 
docking mechanism can (for the purposes of this initial 
study) be assumed to be “activated” and the spacecraft 
captured into a docked state. 
The actual radial, along-track and cross-track ranges 
between the Chaser and Target are shown in Figure 13. 
The duration of the forced motion is 890 sec, giving an 
actual closing rate of 0.011 m/s, which is acceptably 
close to the nominal 0.01 m/s for this early study phase. 
Note that in this approximation of a true closed-loop 
forced trajectory, the V-bar motion is actually a slightly 
curved path.  
 
Figure 13: The along-track, radial and cross-track 
ranges between Chaser and Target during the final 
forced motion (straight-line) approach trajectory 
from 10m to docking.  R-bar and H-bar ranges are 
shown on the secondary axis on the right of the plot.   
Figure 14 shows the final motions of the forced motion 
approach in more detail.  As noted above the assumed 
magnetic docking mechanism has an activation 
boundary of 0.5m, and a capture cone of 45°, and these 
are illustrated in Figure 14. Also shown on the figure on 
the spacecraft is an assumed order of magnitude 
boundary for the Target spacecraft itself with assumed 
dimensions of 0.6 x 0.6 x 1.2 m (with the coordinate 
system centred nominally on the geometric centre of 
the Target spacecraft, this means the actual docking 
mechanism exists +0.3m ‘along’ the Target V-bar).  
Figure 14 shows that the Chaser easily meets the 
required arrival conditions, arriving at the docking 
mechanism boundary (50cm from the edge of the 
spacecraft, 80cm along the V-bar) with an R-bar error 
of -12.9 cm, and an H-bar error of -3.2 cm.   
 
Figure 14: Schematic of the final moments of the 
forced motion approach.  The top plot shows the 
motion in the R-bar/V-bar plane, whilst the lower 
plot shows the motion in the V-bar/H-bar plane.  
The Target spacecraft and the docking capture cone 
and boundary conditions are also shown.   
A more complex final approach scenario can be 
constructed in which the Chaser performs a fly-around 
manoeuvre prior to initiating the docking manoeuvre.  
This type of trajectory allows the Chaser to ‘orbit’ 
around the Target, which could be useful for a number 
of different mission scenarios including those not 
explicitly related to docking (e.g. inspection-type 
missions). A range of these scenarios have been 
covered in the study but are not covered here in any 
detail to keep the paper as concise as possible. 
Total ΔV 
Figure 15 shows the cumulative ΔV expended by the 
spacecraft from launch vehicle ejection to final forced 
motion docking, for the three cases discussed above.  
This assumes the use of the lower ΔV tangential free-
drift trajectory to move from 10km to 1km as discussed 
earlier in this section (If radial hops were used to move 
from 10km to 1km, then an approximately an additional 
60 manoeuvres would be needed, and the total ΔV 
would increase by ~5m/s). In total ~50-55 separate 
manoeuvres are needed on the Chaser (dependent on 
the scenario in question), but even in the worst case the 
ΔV is very low, with the spacecraft able to achieve the 
whole sequence from launch to docking for a total ΔV 
of < 1.1 m/s.  Note that this value does not include any 
additional effective ΔV needed for attitude control, 
which is handled at spacecraft system level.   
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Figure 15: Cumulative ΔV from launch vehicle 
ejection to docking, for the three different scenarios 
discussed in this document.  This assumes the use of 
tangential free drift from 10km to 1km.   
Undocking of the Spacecraft 
For many mission scenarios involving on-orbit 
assembly there may be a requirement for undocking of 
two spacecraft that are physically coupled. In these 
scenarios the two spacecraft must separate and move 
apart safely (no collision risk), ideally with minimal 
ΔV.  
The Target is assumed to have a mass of 150 kg, whilst 
the chaser has a mass of 147 kg when undocking (i.e. 
propellant has been used in the preceding elements of 
the mission). If the two objects have such a differential 
area-to-mass ratio (as above), then it is advantageous to 
perform the undocking in the anti-velocity (-V-bar) 
direction.  Although the initial motion is along the –V-
bar, if the undocking imparts an effective impulse to the 
Chaser, it will loop around the Target and ultimately 
end up on the +V-bar side of the Target. If the 
undocking occurs at End-of-Mission, and the two 
spacecraft are to be permanently separated, then with 
the differential area-to-mass ratio the impact of 
atmospheric drag on the Chaser will continually pull it 
away from the Target.  If on the other hand, the 
undocking does not occur at the end of the mission, 
then the same approach can be used to recover back on 
the +V-bar, where any subsequent manoeuvres can take 
place (e.g. another approach or fly-around etc.) 
In the process of un-docking an effective ΔV is 
imparted to the Chaser. This can either be from a 
mechanism in the docking receptacle (in the 
configuration used in this study, this would be from the 
magnetic docking system), or from thrusters on the 
Chaser, or from some combination of both. If sufficient 
ΔV was available from the docking mechanism, this 
could also allow ejection of the Chaser even if its 
propulsion system was unavailable or had suffered 
some other failure.   
The relative motion of the Chaser with respect to the 
Target after an undocking with an effective ΔV of 0.01 
m/s shows that the spacecraft initially moves in the –V-
bar direction, but then loops underneath the Target.  
Half an orbit later, when the spacecraft reaches the V-
bar a stop ΔV of 0.01 m/s is then applied, which puts 
the spacecraft on to the V-bar in a very slow drift away 
from the Target.  From this point any other manoeuvre 
sequence could then be started.   
Analysis of the long term relative motion between the 
spacecraft following undocking shows that if the 
undocking occurs in the –V-bar direction as above then 
the chaser permanently accelerates away from the 
Target due to drag perturbations and an increased 
relative mean motion.  If the undocking occurs in the 
opposite direction however, then initially the spacecraft 
drifts away on the –V-bar side. However, after ~13 
days, the increased drag perturbation on the Chaser 
slows its drift rate and it then starts drifting back 
towards the Target reaching a zero-along track 
separation after ~25 days. In this particular case there 
would not be a collision as there is a radial separation 
of ~20m when the along-track distance crosses through 
zero. However it is clearly undesirable to have 
spacecraft drifting – potentially in an uncontrolled 
manner - so close to other vehicles.  Thus it can be seen 
that in most cases it will prudent for undocking 
manoeuvres to occur with a geometry that ensures no 
possibility of uncontrolled re-contact between the two 
spacecraft.  
Collision Avoidance 
A key requirement for any close proximity mission is 
the ability for the approaching spacecraft to abort its 
manoeuvre or trajectory if an anomaly or other error 
means it is placed onto a trajectory that has an 
unacceptable collision risk.  In such circumstances a 
Collision Avoidance Manoeuvre (CAM) may be 
needed.  The primary aim of the CAM is to avoid a 
collision, with a secondary aim of moving the 
spacecraft to a location whereby the mission can be 
continued at a later date (following any necessary 
recovery procedures). 
Two CAM scenarios have been modelled as part of the 
study: 
 A CAM is needed following a radial hop towards 
the 10m boundary at which forced motion would 
nominally be started 
 A CAM is needed during the final forced motion 
phase, when the spacecraft separation is very low 
(~few m). 
Depending on the failure or anomaly in question, it may 
not be possible to use certain thrusters on the 
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spacecraft. Therefore CAM’s have been modelled using 
both radially and tangentially applied impulses. The 
results of these analyses are not shown here to keep the 
paper concise, but they do show that very modest total 
ΔV’s of <0.1m/s (and in some cases considerably less) 
are sufficient to provide CAM protection. 
GNC SIMULATION AND MODELLING 
This section of the paper will focus on the modelling 
and simulation of the GNC system during the 
rendezvous final approach i.e. prior to docking. 
The objectives of this phase are the reduction of the 
chaser range to the target and the acquisition of the 
final approach corridor leading finally to a successful 
dock. Different acquisition strategies for V-bar and R-
bar approaches can be implemented. However we will 
assume the final approach is made along the V-bar with 
a nominal initial chaser/target separation of 10 m. 
The goal of the final approach phase is to achieve 
docking capture conditions in terms of relative 
positions and velocities and also of relative attitude and 
angular rates. To meet the docking requirements, the 
relative attitude between the docking ports of the two 
spacecraft must be reduced to close to zero at the end of 
the manoeuver. For observability and safety reasons a 
cone-shaped approach corridor will usually be defined, 
within which the approach trajectory has to remain. We 
assume this corridor has a half cone angle3 of 10°. A 
quasi-straight line trajectory is used in this manoeuver 
phase meaning that the chaser GNC follows the 
direction of the target docking axes.  
This GNC modelling and simulation will therefore  
cover the GNC design during final phase of rendezvous 
and docking when both relative position and attitude 
are required to be controlled closed loop. For the 
purposes of this study we will assume ‘standard’ SSTL 
attitude control will be sufficient to achieve the 
rotational requirements for a successful docking. 
Attitude control is therefore not implicitly modelled in 
order to avoid unnecessary detail and work at this phase 
of the project. However position (trajectory) control is 
required in order to realize a safe controlled approach. 
The design approach is therefore to develop a relative 
position simulation of the GNC and environment on 
which a closed loop trajectory control scheme can then 
be implemented. The simulator, which is based on 
Matlab/Simulink, can then be used to verify the 
performance of the closed-loop controlled quasi-
straight line trajectory approach. 
Relative motion is expressed in the local orbital 
reference frame as shown in Figure 16:  
 
Figure 16: Local Orbital Reference Frame 
The origin of this frame is based on the target centre of 
mass with the Z-axis (“R-bar”) pointing to the centre of 
the Earth, the Y-axis (“H-bar”)  pointing in the opposite 
direction to the angular momentum vector of the orbit 
and the X-axis (“V-bar”) completing the right-handed 
system and in the direction of the orbital velocity 
vector. 
The GNC simulator, illustrated in Figure 17, covers the 
following models/functions: 
• Orbital dynamics 
• Sensor model 
• Thruster model  
• Control algorithms 
• Guidance 
• Navigation filter 
 
Figure 17: Simulator Overview 
The underlying simulation of the spacecraft 
environment is contained in the Orbit Model. The non-
linear dynamics of the target and chaser spacecraft can 
be derived from Kepler’s laws. However to make the 
problem understandable and tractable we will linearize 
the relative motion using the well-known Clohessy-
Wiltshire-Hill (CWH) equation8: 
 
                                      (1) 
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Where F is the perturbing force (primarily thrusters), mc 
is the mass of the chaser spacecraft and ω is the target 
orbit angular velocity. The CWH equations assume 
circular orbits for the target and chaser spacecraft  
The CWH equations are frequently used to approximate 
the relative motion dynamics of spacecraft at close 
range which is precisely the design case chosen for our 
analysis/simulations. 
The state-space form of these time-invariant equations 
is:  
BuAxx                               (2) 
where x is the state vector = and u is the 
control vector in the usual formulation. 
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The proposed control algorithm uses the robust Linear 
Quadratic Regulator (LQR) method as a means of 
providing optimal control effort serving as an attractive 
force towards relative position goals. The close 
proximity LQR controller is based on the linear 
dynamics described above.  
For LQR control we wish to minimize the cost 
function: 
   dtJ TT


02
1 RuuQxx         (3) 
Where Q is the state gain matrix, R is the control effort 
gain matrix (as usual for simplicity the gain matrix N is 
assumed to be zero and is not included here) 
The optimal feedback control is given by: 
  Kxu               (4) 
Where the optimal state feedback is 
  SBRK
T1     
S is the solution of the associated Riccati equation. The 
Matlab lqr function is used to solve for the state 
feedback gain K and S given the weighting matrices Q 
and R.  
The choice of Q and R follow the Bryson 
methodology10 from which the gain matrices are 
selected for efficient control effort coupled with 
relatively short manoeuvre durations. The weighting 
matrices are chosen to trade-off state convergence and 
control effort efficiency. The weighting matrices are 
therefore taken to be diagonal with values chosen to 
normalize each of the state (x) and input (u) variables: 
 
)max(
1
2
i
ii
x
Q 
 
)max(
1
2
j
jj
u
R   i=6, j=3            (5) 
The denominators of these expressions refer to the 
largest desired values. For the input variables u this will 
be given by the maximum acceleration available from 
the thrusters. 
For the state variables x, assuming the approach is 
along the V-bar, we take max(x) = R max (initial starting 
range of the approach e.g. 10m for the nominal case). 
For the cross track axes we assume that the approach is 
restricted to an approach corridor given by a half cone 
angle Ɵ = 10°, so max(y,z) = Rmax tan(Ɵ). The velocity 
terms are given by the maximum velocity allowed e.g. 
1 cm/s. 
As the chaser and target spacecraft converge the cost 
slope tends to flatten because of the small state values 
being considered. This levelling of the cost can be 
avoided by re-calculating the gains as the range 
decreases. However the solution of the feedback gains 
is not trivial and computationally expensive so an on-
board solution is best achieved by pre-calculating the 
gains and storing as a table lookup.  
It should be noted that although the LQR technique is 
very robust any resulting controller from the above 
method does not guarantee the constraints are never 
violated and further verification by simulation will be 
required. 
The thruster model is based on an SSTL Resistojet 
propulsion system (discussed in more detail later in this 
paper), which features 24 thrusters to meet the failure 
tolerance requirements (see Figure 18): 
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Figure 18: Thruster Layout 
The thrusters are arranged as two redundant sets of 12 
thrusters each of which can provide full 6 DOF control 
as shown in Table 4. For the final closed loop approach 
phase Resistojets in cold gas mode are employed with 
assumed thrust capability of 50mN each and a 
Minimum Impulse Bit (MIB) of 10mS. 
 Rotation Thrusters Translation Thrusters 
Main Red Main Red 
+X 3&4 13&14 6&7 18&19 
-X 1&2 15&16 5&8 17&20 
+Y 7&8 17&18 1&3 13&15 
-Y 5&6 19&20 2&4 14&16 
+Z 2&3 14&15 11&12 23&24 
-Z 1&4 13&16 9&10 21&22 
Table 4: Thrusters used for 6 DOF Control 
In order to avoid plume impingement effects as much 
as possible, the target facing thrusters (-X) are canted at 
a small angle. This will have a very small impact on the 
force available (< 5%) but could lead to parasitic 
torques when used in attitude control mode. In order to 
alleviate this the Pulse Width Modulator (PWM) shall 
be designed to compensate where possible otherwise 
the parasitic torques will be seen as small disturbances. 
The thrusters are inherently non-linear on/off devices 
which only offer a fixed thrust or acceleration over a 
fixed on-time. However they can be employed in a 
quasi-linear mode by using a Pulse Width Modulator 
(PWM) to modulate the width of the activated reaction 
pulse proportionally to the acceleration (or torque for 
attitude control) command input to the controller. An 
update rate of 1 Hz is assumed in the simulator. 
Optical imaging cameras and LIDAR are probably the 
most appropriate types of sensors for close range.  
Fehse3 gives typical performance figures for range 
measurement by optical rendezvous sensors as follows: 
<10m range => accuracy better than 0.01m 
<30m range => accuracy better than 0.1m 
<100m range => accuracy better than 1m 
The PRISMA project9 also found that range 
measurement accuracies of decimetres could be 
achieved using relative GPS combined with a suitably 
designed navigation filter.  
Typically, therefore, we expect better than 1% range 
accuracy with optical sensors. SSC are looking to 
achieve better than 5-10% range accuracy for COTS 
based optical RvD sensors. Experimental results shown 
in Figure 19 indicate accuracies of better than ~2% can 
be achieved for an RGB camera with NIR filter and 
active LEDs: 
 
Figure 19: Camera Experimental Results 
No experimental results are available for range rate, 
however a range rate requirement accuracy of 1 cm/s is 
appropriate to this study although a figure of 1 mm/s is 
preferred as a goal. 
In a final system the measurements from all sensors 
would be combined via a navigation filter but this is 
outside the scope of this present work. However a 
simple Kalman filter has been implemented in the 
simulator to alleviate the effects of sensor noise. This is 
particularly important in order to avoid excessive 
sporadic thruster firings triggered by noise. 
A nominal closed-loop simulation case considers a V-
bar approach from 10m with zero initial cross track 
dispersion. Realistic sensor and actuator models as 
described above are included. The choice of sensor 
error parameters mean that control can either be 
assumed to be the result of relative GPS measurements 
or optical/LIDAR measurements but taken to be at the 
maximum 10m range. It is expected that optical/LIDAR 
measurements will improve in accuracy as a function of 
range so the results could be considered worst case for 
optical/LIDAR output.  
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Figure 20: Simulation Results - Relative Position 
Sensor noise means that estimated relative position 
differs from the real value but as can be seen in Figure 
20 with the Kalman filter in place the estimated results 
broadly follow the real values. Final cross-track 
position errors at docking (range = 1m) are the order of 
mm.
 
Figure 21: Simulation Results - Relative Velocity 
In Figure 21 it can be seen that the controller applies 
close to the maximum slew velocity of 0.01 m/s 
allowed in order to manoeuvre to the target. The 
velocity is gradually backed off as the target is 
approached, and would approach zero as the docking 
distance tends to zero. However docking is permitted 
for relative velocities less than 0.01 m/s so this would 
be counted as a successful dock. Cross-track velocity 
errors in Figure 21 are the order of a few mm/s. In Z 
there appears to be a very small steady-state error 
owing most likely to the Coriolis disturbance. If 
necessary this could be removed by, for example, 
introducing an integral control term to the state vector. 
 
Figure 22: Simulation Results – Acceleration 
As can be seen in Figure 22 introducing a non-linear 
thruster model, albeit with a quasi-linear overall effect 
due to the PWM, results in fixed magnitude thruster 
pulses with variable on-times. A positive acceleration 
profile at the start of the run starts the slew on the X-
axis. Before docking a negative acceleration is applied. 
The Z-axis has a constant thruster pulse stream to offset 
the Coriolis acceleration. On the Y-axis sporadic pulses 
can be seen, most likely caused by noise and cross-
coupling effects. 
 
Figure 23: Simulation Results – Total ΔV 
The total ΔV for each axis is depicted in Figure 23. A 
small amount occurs on the H-bar axis as we would 
expect as motion in this axis is decoupled from the 
other axes. Thruster usage on this axis is most likely 
triggered by noise etc. Motion along the V-bar requires 
an initial build-up in order to provide the slew 
manoeuvre. On the R-bar the ΔV ramps up to 
compensate for the Coriolis acceleration. The total ΔV 
on all axes sums to about 2.3 cm/s. Thruster non-
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linearity plus noise and error sources will tend to 
increase this figure. 
As an observation it can be seen that the initial 
manoeuvre on the X-axis is constant so that for closed-
loop manoeuvres from longer distances (e.g. 100m) this 
ΔV will remain much the same. However on the Z-axis 
compensation for the Coriolis acceleration means that 
this part of the ΔV budget is increasing linearly. 
In conclusion, the purpose of this section of the paper 
has been to look at the final approach of the close range 
rendezvous phase leading to the spacecraft docking 
conditions and to define and perform the GNC 
modelling and simulation to cover the GNC design 
during the final phase of rendezvous and docking.  
A suitable control scheme has been designed and a 
simulator based on Matlab/Simulink has been built and 
tested. The simulator has then been used to perform 
various simulations for a close range rendezvous with a 
closed-loop controlled quasi-straight line trajectory on 
the V-bar axis from 10 m range. 
Orbital dynamics based on the CWH equations has 
been derived in order to provide a plant model for the 
simulator and linearized input to the controller design. 
The CWH equations are more than adequate for the 
very short range considered here as their inaccuracy 
does not become significant until a few tens of 
kilometres. A possible enhancement to the simulator 
would be to include non-linear dynamics equations so 
that differences with CWH could be assessed along 
with non-circular orbits, perturbations etc. 
The Linear Quadratic Regulator (LQR) is a favoured 
approach for optimal controllers with the benefits of 
fuel efficiency and guaranteed robustness in terms of 
stability margins. For the trajectory control system 
considered in this section it provides a known, well-
structured and safe design principle whose main 
disadvantage is the solution of the Riccati equation 
which is both computationally difficult and expensive. 
A solution has been found to pre-generate the state gain 
matrix required and load on-board the spacecraft using 
look-up tables. This greatly reduces the on-board 
computation and removes the risk of coding 
complicated algorithms with associated safety 
implications. 
Sensor and actuator models have been developed with 
regard to the existing literature and experimental results 
obtained by SSC and information provided by SSTL 
engineers. Particularly for the sensors any performance 
is indicative and in most cases either worst-case or 
requirement figures are used in the simulator. Therefore 
it is recommended that further work to understand and 
quantify sensor characteristics be performed. Some 
thruster calibration work would also provide more 
knowledge concerning their performance, particularly 
in cold-gas mode. 
The navigation filter is an important entity for 
combining various sensor sources and producing the 
best estimate of the current state vector. Some 
information is available but it is recommended that 
further work be performed concentrating on the 
requirements for the final approach of rendezvous and 
docking. It is particularly pertinent to consider the 
safety benefits of using multiple sensors for spacecraft 
in close proximity. 
Finally simulation results were obtained for the final 
approach scenario in order to assess the suitability of 
the proposed control approach and of the GNC sensors 
and actuators considered. Excellent positional control 
was demonstrated to mm level and a final closing 
velocity less than the required 1 cm/s. Variations in the 
guidance profile can be made in order to tweak the 
resulting terminal position and velocity if required. Fuel 
usage is also very good with a total ΔV of < 3 cm/s for 
a 10 m starting point. The fuel usage can also be scaled 
to longer distances owing to the linear consumption on 
the radial axis. Care must be exercised in the design of 
any navigation filter to ensure sensor error effects, 
particularly noise, do not cause excessive sporadic 
thruster firings causing an increase in fuel usage. 
PROXIMITY SENSOR PACKAGE 
Introduction 
We propose a hybrid approach, where the close-in 
operations are guided by and active COTS LIDAR 
sensor overlapping with the passive optical sensors 
(cameras observing glyphs and LEDs) operating out to 
a target 100m to provide proximity sensor provides 
relative range, range-rate, pose and pose-rate 
information to a “chaser” spacecraft as it attempts to 
rendezvous and dock (RvD) with a “target” spacecraft. 
However, over a short distance (~3m), active LIDAR 
(SoftKinetic DS325) could also provide good pose and 
range information. 
A key concern which emerged in the system trade-offs, 
is that the PSP must be capable of operating both under 
full sunlight and eclipsed conditions as both extremes 
may be experienced in Earth orbit. To this end, 
particular focus was made in establishing a “solar 
blind” optical system using. In this Section, we present 
the recent PSP test experiments. 
By means of the LEDs, the passive optical system 
could operate under all lighting conditions (day or 
night). The LIDAR is known to be blinded by sunlight, 
and so further mitigation is needed for this – and we are 
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currently investigating the use of narrow-band near-IF 
optical interference filters.  
Passive Optical Machine Vision System 
A HP WebCam HD 2300 with a 1280×720 pixel sensor 
and a 90 degree field of view lens was tested both in the 
laboratory, and outside in sunlight. The results can be 
applied to longer range operations by means of scaling 
using the camera focal lengths (or equivalently different 
fields of view). For machine vision systems (MVS), the 
Perspective-n-Point (PnP) and POSIT algorithms are 
used and avoid the need for an initial pose estimates or 
computationally expensive iteration loops. Glyph 
recognition is popular in pose estimation augmented 
reality systems and robotic navigation. A similar 
process is followed for LED-based pose detection 
embedded in the glyph grid. 
The sensor IC detects wavelengths from around 400 nm 
to 1100 nm and cannot block near-infrared at ~800 nm. 
However, for business applications, the webcam 
manufacturer has added an infrared cut-off filter to 
improve the camera’s performance in visible light. 
Hence, when no additional filter is added, the most of 
the light intensity detected comes from the visible light. 
If applying a near-infrared filter, most of the visible 
light would be sharply decreased, with a remaining 
interval around 850 nm. A particular wavelength pass-
band filter with the central wavelength of λ, cannot 
block light with a wavelength of λ⁄2^n (n = 0, 1, 2…) so 
the final wavelengths passed would be at both 425 nm 
and 850 nm. 
 
Figure 24: Camera and optical filters 
Typical edge detection was use to capture lines, and 
then shape matching located the glyph pattern. The 
LEDs are Vishay TSHG6400 IR LEDs with a peak 
wavelength of 850 nm with half intensity angle is 22º. 
The typical forward current and voltage is 100mA and 
1.5V but can draw up to 1A if higher illumination is 
necessary. 
 
Figure 25: Image Capture to Pattern Detection 
The maximum detection range for non-illumination of 
glyphs was 3800 mm indoors and 1600 mm outdoors, 
while the illumination method of LEDs was 2500 mm 
indoors and 1600 mm outdoors. No matter the case, the 
detection range for LEDs in sunlight was tested to a 
maximum of 1500 mm. The LED intensity, even at low 
power, was able to pass the effective optical pass band 
filter. The accurate range after testing was 300 mm to 
1600 mm for Sun not in camera view and 300 mm to 
1400 mm for Sun within the camera view. Though the 
sunlight had been filtered, it seemed that solar blind 
issues still affected the detection range. 
If the Sun was not in view, the detected range increases 
from 900 mm to 1400 mm. The grey level 
transformation of image processing would enhance the 
contrast of image by rising the brighter part to an even 
brighter part, and decreasing the grey level of the darker 
ones. It would result in a detectable background 
because the darker LEDs may appear similar to other 
objects in sunshine. 
 
Figure 26: Greyscale without Sun in view 
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Figure 27: Greyscale with Sun in view 
If the Sun was within the camera viewing, it was 
different that the average brightness of the image was 
large, so that the background remained dark and 
undetectable. The detection error rate of was 5% to 
10% in the middle of the detection range, which was 
the same as the indoor test. 
LIDAR Test Results 
Our previous work is targeted on the AAReST mission 
and utilises the Raspberry Pi Compute modules. For 
initial tests, data from the DepthSense SDK was 
initially setup and analysed in MATLAB to detect the 
centre depth frames. 
 
Figure 28: DepthSense SDK Output 
At tested distances between 10 cm and 2.6 m, there is a 
significant range to the results due to the centre 
detected covering a large area of the target. Filtering the 
data and combining with knowledge of the target 
allowed us to further refine the resultant range and pose 
measurements. 
 
Figure 29: Refined Distance Output  
Below 1m, the result is shown to closely follow the 
measured value. At most distances the range is within ± 
10 cm of the measured value, equivalent to a 5% error. 
Investigating the SoftKinetic driver found an offset in 
readings, compared to the measured data. For most 
tests, we found a positional error between 5% for any 
given reading. Filtering of the data provides the data in 
Figure 29, where the accuracy can be improved. To 
detect rotational position, we note high pose accuracies 
at < 1% error from truth. Range and pose measurements 
operated at up to 40 Hz for state vector output with no 
debugging information. 
To further investigate the flexibility of the PSP, the 
LIDAR was also operated as a camera stream. The 
main problem with finding the target object is its 
similarity to the surrounding RGB values with silver 
and white being the most prevalent colours in the lab. 
As such the target was modified and a binary mask was 
applied using a threshold on the colour values is shown 
in Figure 30. 
 
Figure 30: Test model coloured & masked 
To verify the accuracy of the optical algorithm, tests 
were carried out moving the target to different known 
distances from the LIDAR and the algorithm was used 
to find the distance to the object. For the following plot, 
the target was moved at 20 cm intervals from the 
LIDAR up to 1m, and at 2m and 3m. 
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Figure 31: The distance output from the depth 
algorithm  
We observed that most of the results, at a distance 
below 1m, show the measured distance but with many 
outlying results. For example, one result was 9.4m 
when the measured distance was 3m. 
MISSION AND SPACECRAFT SYSTEMS  
Introduction 
Whilst this is not a systems study, it has required a 
certain and significant level of mission and spacecraft 
systems and subsystems analysis and trade-offs key to 
the GNC architecture, in order to provide a sensible 
mission scenario and CONOPS (Concept of 
Operations). These are briefly described in this chapter. 
There has also been a substantial preliminary analysis 
of Mission Safety and Robustness to collisions, which 
is covered in a separate chapter in this paper.  
Mission Architecture/CONOPS 
Mission Architecture Overview 
The precursor demo mission is focussed on the 
Rendezvous and Docking of an Active/Master Chaser 
spacecraft and a Passive Co-operative Target 
spacecraft, and will be a 6 month mission. The Target is 
very similar to the chaser in terms of hardware to 
minimise costs. Figure 32 shows the Baseline 
Reference Mission Architecture. 
The launch assumes a PSLV launch of both spacecraft 
into a 500km SSO, as was originally foreseen for the 
telescope demonstrator mission.  
The Space Segment consists of the Chaser and Target 
spacecraft, which broadcast their telemetry and status 
information almost continually from the two spacecraft 
via the BGAN (Broadband Global Area Network) data 
relay asset, or direct to ground (via KSAT’s ground 
network at Svalbard or Troll) when in view of the 
mission ground segment. This will allow ground 
operators to continually monitor the behaviour of both 
spacecraft, and to command an abort manoeuvre if 
considered necessary (if time permits). Downlink and 
Uplink data rates assumed for spacecraft telemetry and 
status are 10kbit/s via BGAN or S-Band TTC 
(Telemetry, Telecommand and Control), though up to 
200kbits/s is available for S-Band downlink and uplink 
via Core-DHS (Data Handling System). Additionally 
BGAN can provide typical average data rates of 
240kbits/s, albeit with greater power requirements. 
There are a small number of short outages when the 
spacecraft have no BGAN coverage or no ground 
station visible. An S-Band ISL between the spacecraft 
is also used to transmit Relative GPS measurements 
from the target to the chaser and to transmit health flags 
between the two spacecraft (so the ISL is two-way). A 
standard SSTL Spacecraft Control Centre and Mission 
Operations Centre are foreseen, with the Spacecraft 
Control Centre able to communicate 2-way to each 
spacecraft via the KSAT (Kongsberg Satellite Services) 
or BGAN Ground Networks. 
Launch Segment
Orbit
Altitude: 500 km
Inclination: SSO
Lifetime: 6 months
S-Band TTC/
Video
200kbps up/
200kbps down
Spacecraft Control Centre
Troll
3.7 m S-band
Space Segment
Mission Operations Centre
Ground Segment
Groundstation(s) and 
KSAT Ground Segment
Launch via 
PSLV 
Deployment
Includes (Chaser); Proximity 
Camera, COTS LIDAR, 
Video Camera, Relative 
GPS, ISL, Docking System
Includes (Target): Glyph/
LED’s, Docking system, 
Video Camera, ISL
S-Band ISL
~10kbps 2-Way
BGAN Ground 
Network
Groundstation(s) and 
BGAN Ground Segment
GNSS 
data
BGAN L-Band TTC/
Video to/from GEO
Nominal 10kbps up/
10kbps down
Svalbard
3.7 m S-band
K-SAT Ground 
Network
Relay to/from 
Troll to GEO to 
ground BGAN Relay to/
from ground
INMARSAT-4 (GEO)THOR-7 (GEO)
 
Figure 32: Baseline Reference Mission Architecture 
CONOPS of the 2 spacecraft work together 
The Chaser spacecraft will be the Master Spacecraft in 
the formation, and will be ‘in charge’ of the on-orbit 
relative manoeuvres, including the phasing, 
rendezvous, and formation flying manoeuvres (i.e. the 
Chaser approaches the Target spacecraft and not the 
other way around).  
For Far and Medium range relative navigation, the 
Target will transmit its GPS measurements across a 
redundant two-way S-Band ISL, enabling the Chaser to 
perform Relative GPS measurements and derive 
position, range and range rate estimation. A small 
internally redundant optical camera payload will also 
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provide line of sight imaging and limited range/range 
rate estimation as a backup. Relative GPS and Camera 
measurements will start from 10km inwards as they 
home in on the Target spacecraft, resulting in both of 
them able to track the Target by the time they reach 
1km range. 
The camera will then also provide range, range rate and 
pose measurements of the Target spacecraft from 
ranges of 100m and closer, with Relative GPS being 
used as the backup sensor. Visual identifiers (e.g. an 
array of Glyphs and LED’s (Light Emitting Diodes) on 
the Target) are also used to help the Chaser camera to 
acquire and determine the attitude of the Target, in any 
lighting (eclipse and full sunlight). 
The Chaser spacecraft also carries a small COTS 
LIDAR for independent range, range rate and pose 
measurements of the Target from ranges of 10m and 
closer as part of the final approach and docking. 
Periodically (at the OBC update rate) the Target sends a 
status message or ‘flag’ to the Chaser over the ISL. The 
Chaser likewise sends a status message to the Target as 
it computes its relative trajectory.  
The Target will ‘sit and wait’ whilst the Chaser 
approaches the docking port. If the Chaser is on a safe 
approach trajectory then the docking mechanism on 
both spacecraft will be activated when within 1m 
(TBC), and the final docking approach will be 
automatically commanded (i.e. command from the 
Chaser to the Target for a final ‘go for docking’). 
Telemetry and status information will be almost 
continually broadcast from the two spacecraft 
(including status messages) via the BGAN data relay 
asset, or direct to ground (via Svalbard or Troll) when 
in view of the mission ground segment. This will allow 
ground operators to continually monitor the behaviour 
of both spacecraft, and to command an abort 
manoeuvre if considered necessary (if time permits). 
There are a small number of short outages when the 
spacecraft has no BGAN coverage or no ground station 
visible, but these can be planned in advance to allow a 
long uninterrupted approach. It should be noted that 
BGAN is not necessarily required for both spacecraft if 
a 2-way ISL is used, as the key telemetry could be sent 
via the ISL. However double use of BGAN reduces risk 
which is important for a preliminary demonstration 
mission.  
Figure 33 shows a high level block diagram of the 
Mission level GNC architecture which summarises how 
the Target and Chaser work. Note that the spacecraft 
FDIR (Failure Detection Isolation and Recovery) 
details are not shown here, just the high level baseline 
mission FDIR hierarchy, i.e. that the Chaser is the 
“Master” spacecraft and can act on the FDIR from both 
itself and Target, as well as the Ground (which has the 
ability to be in overall command of both spacecraft)  
 
Figure 33: Mission level GNC architecture 
Mission Phases and Timeline 
The main mission phases are as follows: 
 Launch and Commissioning 
 Phasing 
 Rendezvous and Docking 
 TBC Experiments 
 Final Un-Dock and De-Orbit 
The launch assumes a single PSLV launch into a 
500km SSO and then the spacecraft are assumed to be 
ejected with a small differential ΔV. The Chaser drifts 
apart from the Target for 10-days (i.e. the 
Commissioning Phase) to a maximum distance of about 
130km, before Phasing starts with active ΔV control of 
the spacecraft to bring the Chaser back towards the 
Target.  
Phasing lasts for ~17 days (i.e. 27 days from launch) 
until a relative separation of 10km between the Target 
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and Chaser is reached, at which point the Rendezvous 
and Docking Phase commences and Relative 
Navigation is initiated (The Homing Phase). This Phase 
is nominally 4 days (i.e. up to 31 days from launch). 
It should be noted that the phases above are largely 
arbitrary, because the ‘real’ timeline may need to take 
into account a) orbit determination and planning, b) 
check points by ground, c) waiting for illumination 
conditions, d) comms coverage etc. 
After a successful Docking (including stabilisation, 
checks etc) phase, additional TBC RDV&D 
experiments are envisaged to provide further 
demonstration within the constraints of the 6 month 
mission duration and ΔV allocation. The final phase is 
to un-dock the spacecraft and perform a passivation 
manoeuvre so that the spacecraft will not collide on the 
de-orbit. 
Figure 34 shows the nominal mission timeline with 
further details on the Rendezvous and Docking Phase, 
including the different rendezvous and docking phases, 
key approach points, and baseline sensors used as a 
function of range.  
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Figure 34: Nominal Mission Timeline 
The Magnetorquers provide coarse attitude control 
during phasing, station keeping and during the RDV 
phases, with attitude control accuracy improved by the 
thrusters. However Magnetorquer control is highly 
experimental, so a set of four small SP-10 wheels for 
both target and chaser are implemented as part of the 
GNC kit for the demonstration mission. This would 
remove the risk and unknowns and simplify the design 
at least for this initial phase. Therefore we can then 
experiment with the control knowing we have a backup 
system in place. 
In this scenario, cold gas thrusters are used for the 
entire Phasing and RDV approach to docking (inc. 
CAM’s), as well as AOCS throughout the mission. 
Resistojets are used for drag maintenance (after 
docking). 
Spacecraft Systems and Ground Operations 
Processing architecture 
During the study, various trade-offs have been 
performed with SSC also actively involved, in order to 
agree and define the baseline processing architecture: 
 A distributed processing architecture (as already 
envisaged on ARReST), i.e. separate rendezvous 
sensor processors rather than a single spacecraft 
computer for all tasks (sensor processing, 
spacecraft GNC, other spacecraft OBC functions) 
 A double fault tolerant and highly responsive OBC 
solution using SSTL’s Core-DHS OBC (spacecraft 
GNC, other spacecraft OBC functions, relative 
GPS) 
 Separate standalone redundant processors for each 
sensor 
The proposed solution is to use three Core-DHS units, 
two units will be nominally powered with the third 
powered down ready to boot if required. By using three 
units we can (a) cope with a unit failure and still 
continue the mission, and (b) cope with two unit 
failures and still be able to operate safely and have the 
ability to perform CAM’s. 
The use of Core-DHS impacts the number of equipment 
used and interfaces, as the Core-DHS OBC’s have 
some units which are specific to each OBC (and not 
cross-strapped). This means we need separate Sun 
Sensors, GPS, Magnetometers, and S-Band TM/TC Rx 
and Tx for each Core-DHS OBC. 
Propulsion 
The propulsion architecture has been substantially 
developed in close co-operation with SSTL’s 
propulsion group. This has included significant iteration 
and one concurrent session to review potential failure 
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modes wrt failure tolerance requirements, to evaluate 
the risk and robustness to avoid collision. The emphasis 
has been on the Chaser design, as the Target only has 
very limited manouevres to carry out.  
In order to try and keep the overall system costs as low 
as possible, a decision was made earlier in the project 
(as part of the GNC trade-offs) to try and keep the 
mission envelope within that possible using simple 
Xenon cold or warm gas thrusters (note also that the 
latter, i.e. resistojets, can operate in both “cold” or 
“warm” modes). The main Xenon propulsion system 
parameters assumed are summarised as follows: 
 Thrust: 100mN (two thrusters) 
 Isp: 
o 48s in resistojet mode (60W for two thrusters) 
o 30s in cold gas mode  (0W) 
 Tank: SSTL-150 tank (mass 4.59kg capacity 12kg) 
 Minimum Impulse Bit: 50mN for 10 msec 
Xenon propulsion systems have been one of the 
heritage approaches for SSTL missions requiring 
relatively low ΔV’s, and the unit cost of the thrusters 
and tanks is considerably less than that typically found 
for chemical systems such as hydrazine (fuelling costs 
at the launch site are also much lower for gas systems). 
The Xenon propulsion system has to be able to provide 
tangential and radial burns, retro/CAM manoeuvres, 
AOCS (along with the Magnetorquers which provide 
coarse attitude control) during the initial acquisition, 
burns, station-keeping and the RDV phases, and 6 DOF 
control during the final approach.  
It is useful to note that not all thrusters need to be 
resistojets. In fact cold gas thrusters are lower mass 
(0.6kg less than resistojets) so resistojets are only 
justified if the propellant mass savings exceed the 
additional thruster mass. Additionally the power 
required needs to be taken into account in the CONOPS 
when using resistojets as 60W for the combined warm-
up time (of 8 to 10 minutes) and burn time. No power is 
needed in cold gas mode. 
The resistojets are therefore only foreseen for thrusters 
that provide substantial phasing or larger 
tangential/radial burns. The other thrusters can be cold 
gas thrusters. For this reference mission, the Phasing 
and Rendezvous phases can be performed using the 
resistojets in cold gas mode, as the ΔV’s are very small. 
Additionally CAM’s (which need operating 
immediately) must be operated in cold gas mode as 
there will be no time for warm up. Nevertheless warm 
gas mode is foreseen for drag maintenance and the 
nominal collision avoidance allowance. Also there is 
added flexibility for other missions may need higher 
ΔV’s for Phasing and Far Range Rendezvous. 
The baseline 24-thruster architecture uses both 
resistojets and cold gas only thrusters, and is 
completely redundant (see earlier in Figure 18). Plumes 
area avoided on the other spacecraft when in very close 
proximity, by using canted retro thrusters.  
Operations and Ground Station coverage 
Whilst fully autonomous “lights out” operations for 
RDV&D is desired and expected in the longer term to 
drive down cost, this is highly likely to be considered 
much too risky for nearer term demonstration missions. 
As a result, a major driver for any near-term RDV&D 
missions is likely to be a requirement for permanent 
Ground Station contact during critical RDV&D phases 
to enhance safety. By “critical phases” we mean phases 
where there is an enhanced risk of collision compared 
to normal missions, i.e. where passive safety is no 
longer guaranteed. A long communication window of 
20 minutes (1200s) or more is required, to allow for 
supervision of the synchronized flight phase, the 
docking and the first minutes of the stabilization phase.  
As a result of this requirement, several planned 
RVD&D missions assume the use of a ‘chain’ of 
expensive ESTRACK (and partner) ground stations, 
which can provide continuous coverage of up to around 
30 minutes (~1800s). However this approach also has 
additional constraints on timing and lighting (if this is 
an issue), as some of the passes will be in eclipse or 
with no/poor lighting from the Sun, possibly further 
limiting the approach timing. A string of ground 
stations is therefore expensive, limited in continuous 
duration and very difficult to plan/synchronise. 
For this study, the final approach from 10m would take 
~1000s at 0.01m/s, however longer approaches e.g. 
from 20m (~2000s) or 50m (~5000s) could take 
significantly longer (unless the approach velocity is 
increased, though the thrust from Xenon resistojets is 
limited), so additional flexibility is desired.  
As an alternative, AddValue’s BGAN Inter-Satellite 
Data Relay System (IDRS) can provide quasi 
continuous real-time 2-way contact with the ground, via 
the InmarSat 4 constellation in Geostationary Orbit. 
With IDRS, the mission would not be reliant on costly 
ground station services for communicating with their 
satellites. Additionally as BGAN is only needed for low 
data rates and during short RDV phases (<1 month) and 
possibly only for the closer proximity phases, the 
operations cost is very reasonable for RDV missions. 
AddValue’s BGAN terminal is also small (only a few 
kg) and reasonably low power when the 
uplink/downlink data rate is low, which is all that is 
required in this mission. SSTL have been liaising 
substantially with AddValue to further investigate the 
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technical details, develop the CONOPS, and assess the 
coverage in more detail. This has included provision of 
“day in the life” simulation results by AddValue, 
including a detailed timeline of gaps and coverage.  
It was found that BGAN can provide substantially 
longer contact times than possible with a ‘chain’ of 
ground stations. To some extent this can be improved 
by improving the antenna solution (e.g. number of 
switched antennas). However there are still short breaks 
in the coverage during every orbit especially at higher 
latitudes, where the terminal’s link margin is 
insufficient or there are simply gaps between the 
InmarSat-4 footprints. Nevertheless this can be further 
augmented by using KSAT’s low-cost network with the 
Svalbard and Troll polar S-Band TM/TC stations. 
Indeed SSTL already uses KSAT’s Svalbard ground 
station. By combining the coverage of BGAN and 
Svalbard/Troll, much longer periods of unbroken 
coverage of up to ~8400s (140min) can be achieved 
between ground and spacecraft, using the example 
“day-in-the-life” data. Furthermore it was noted that 
after this long period of coverage, there is only a short 
10s gap, followed by another long pass of 2580s. Such 
short gaps may in fact be acceptable unless the Chaser 
is within few metres of the Target, thus potentially 
allowing even greater flexibility. 
Therefore the baseline TTC during the RDV&D is to 
use BGAN and the polar KSAT stations at Svalbard 
and Troll - thereby switching between the two to 
maximize the length of coverage.  
Relative GPS and Preliminary ISL 
Overview 
Relative GPS was selected as part of the baseline sensor 
payload complement (for co-operative missions) during 
the trade-off phase. Relative GPS requires an ISL 
(Inter-Satellite Link) system to transmit the GPS signal 
from the Target to the Chaser. A 2-way ISL is required 
to also transmit health/FDIR flags between both the 
target spacecraft and chaser spacecraft. The ISL is 
required to function from a range separation of 10km to 
very close rendezvous approach (down to a few m). 
A preliminary Relative GPS and ISL solution has been 
developed in this second phase using expertise from 
SSTL’s GNSS and RF teams. 
Relative GPS 
The required data rate for Relative GPS measurements 
across the ISL (Target to Chaser) is estimated to be less 
than 9kbits/s at 1Hz. With the additional data rate for 
flags/health, a data rate of ~10kbits/s would be required 
for the ISL. 
Unlike Optical sensors (which improve with reducing 
range) the position and velocity accuracy is generally 
constant with Relative GPS (so it gets less accurate in 
terms of % as you approach), although with single 
frequency GPS, the greater the separation the more 
errors this will introduce, as a greater distance equates 
to less cancellation of the ionospheric effects if the 
receivers are separate.  
Better than 1m 3D RMS position and 2-3 cm/s 3D 
RMS velocity could be achieved, via implementation of 
a real-time relative navigation filter. This would 
therefore achieve better than 2% accuracy on 
position/range at 50m range. 
No detailed investigation has been performed into the 
impact on GPS reception as a function of orbit latitude 
or the attitude of the spacecraft. Neither of these is 
expected to be an issue for the standard V-Bar 
approach, as the spacecraft are in LEO, and the GPS 
antenna is always zenith pointing. However there may 
be reduced reception for fly-arounds (if required) or R-
Bar approaches, which may require an additional GPS 
antenna. This should be investigated in future studies. 
Preliminary Intersatellite Link (ISL) Design 
A preliminary low resource dual redundant S-Band ISL 
solution has been developed with the help of RF 
expertise at SSTL, building on current ISL 
developments on other missions (albeit for much longer 
ranges). This is summarized as follows: 
 <5W total system power  
 <2.3kg total system mass 
2 main ISL modes have also been investigated in line 
with the mission analysis: 
 Nominal V-Bar Approach Mode (<10km range), 
see Figure 35 
 Additional Fly-around Modes where the Chaser is 
always pointing at the target. 
 
ChaserTarget
-X Vector
+/-15deg 
EoC Margin
+X Vector
+/-15deg 
EoC Margin
 
Figure 35: ISL assumptions for Nominal V-Bar 
Approach Mode (<10km range) 
This preliminary ISL analysis and design shows that the 
link budget closes for all the reference options (i.e. up 
to 10km for the V-Bar approach, and up to 50m fly-
arounds, although the latter would need further 
analysis/testing to confirm). Also the Power Flux 
Eckersley 25 Reinventing Space Conference 2017 
Density (PFD) is okay even in worst cases (during fly-
arounds), with 9.7dB Margin.  
Reference Video Camera 
A small video camera is assumed on both the Target 
and Chaser spacecraft, in order to provide the 
following: 
 Visual validation of the close approach 
 PR (Public Relations) 
This has the advantage of providing simultaneous 
vantage points from both the Chaser and the Target, 
although the lighting conditions may be non-optimal on 
one or both of the spacecraft if the final approach and 
docking is performed in poor lighting or eclipse. This 
may be alleviated by using an artificial light from the 
Chaser or the Target, so long as power is available and 
it does not affect the LIDAR or Close Proximity 
Camera. This is not in the study baseline but has been 
investigated briefly and shown to be potentially 
feasible.  
The reference Video Camera is the Supervision Camera 
on RemoveSat (i.e. SSTL’s spacecraft within the 
Remove Debris mission). 
 
Figure 36: RemoveSat Supervision camera showing 
FoV (Field-Of-View) 
The baseline assumption for the Video Camera is to 
send basic video after docking in non real-time, and 
that it does not drive any operational requirements, only 
that there is sufficient mass and power to accommodate 
it. The advantage of this approach is that a high power 
X-Band system is avoided which would drive power, 
mass and cost.  
Interestingly, a preliminary investigation has shown 
that it may be feasible to send some limited real 
time/near real-time low data rate video (by reducing the 
frame rates and resolution) over the S-Band system or 
the BGAN system, to observe the final stages of the 
RDV&D (<10m range) for the limited period during 
close approach. Note that an additional constraint here 
is the substantially increased power required for BGAN 
at high data rates, though this is only transient power 
case. Further work would be needed to ascertain 
whether these low data rate videos would be acceptable.  
Docking System Assumptions 
As a core docking technology and reference for the 
study, it is proposed to employ a derivative of the 
systems being developed by the Surrey Space Centre 
for the ARReST mission11, 14.  This is an innovative 
magnetic system, which exploits both fixed and electro-
magnets to enable docking between two spacecraft.  
The Electro-Magnetic Kelvin Clamp Docking System, 
comprises four pulse-width modulated (PWM), H-
bridge-driven, dual polarity electro-magnets, each of 
over 900 A-turns. These are coupled to three “probe 
and drogue” (60° cone and 45° cup) type mechanical 
docking ports, arranged to form and extended area 
docking surface. Kinematic constraint is established 
using the Kelvin Clamp principle (3 spheres slotting 
into 3 V-grooves arranged at 120º). 
 
 
Figure 37: Surrey Space Centre Magnetic Docking 
System Concept and Breadboard hardware11 
The concept behind the magnetic system is to use on-
board propulsion to manoeuvre the docking-satellite 
into the magnetic “capture cone” of the item being 
docked against at an appropriate relative velocity (< 
1cm/s).  By then pulsing and changing the polarity of 
the electro-magnets on-both sides of the docking 
interface the final docking manoeuvre can be 
electromagnetically controlled, which ‘sucks’ the 
spacecraft into a final docked position.  Items can be 
easily undocked by reversing the polarity of the electro-
magnetic.  This has been simulated and experimentally 
verified on air bearing table tests at SSC, which show 
the capture cone extends some 30cm from the port’s 
surface, with a half-cone angle of approximately 45º.  
As the docking system on AAReST is for much smaller 
spacecraft, a more powerful variant is required for this 
mission and some scaling has been estimated by SSC in 
order to investigate whether the preliminary system 
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design is feasible. A wider spacing of the ports is 
required to provide greater stability (which would be 
needed ultimately for a real modular telescope). The 
ports should also form an equilateral triangle and 
should be centred on the spacecraft panel, to reduce the 
risk of contact between the Chaser and Target due to 
any residual tilt. 
The pull in force may also not be so concentrated over 
such a wide separation, but this could be compensated 
with bigger (more power hungry) electro-magnets. The 
assumption is that the power would be up to 100W but 
only for a short operation time from less than 1m 
inwards (which is about <100 seconds at 1cm/s 
approach velocity).  
Additionally, for greater robustness, it is assumed that 
the docking system for this mission will be redundant 
rather a single point failure as it is on ARReST. The 
assumption is that the redundant ports are cold 
redundant and would be pulled in and automatically 
connected when the Prime port also connects. Also with 
a prime system failure we could still have an identical 3 
point mount with the redundant set. This strawman 
docking concept would however need further 
investigation after the study, as it has not yet been 
analysed properly.  
Payload Resource Budgets and Dimensions 
Table 5 summarises the Sensor Resource Budgets. 
Strictly speaking, Relative GPS is also a payload but 
covered under the OBDH (Core-DHS GPS) and 
communications (ISL) subsystems. Table 6 summarises 
the preliminary payload dimensions: 
Table 5: Payload Resource Budget (exc. margins) 
Unit Space-
craft 
No. Total 
Mass 
(kg) 
Total 
Power 
(W) 
SSC Proximity 
Camera 
Chaser 1 1 2.5 
Processors for 
Proximity Camera 
Chaser 2 0.5 7 
SSC COTS LIDAR Chaser 1 0* 2.5 
Processors for COTS 
LIDAR 
Chaser 2 0.5 7 
Glyph Panel (GP) 
LED strings 
Target 1x GP 
2x LED’s  
0* 2-20** 
Docking System Both 2 8 100*** 
Inspection Camera Both 1 0.65 4.1 
*The mass for the LIDAR and the Glyph panel/LED’s is included in 
the estimate for the docking system which is much heavier  
**~2W (may need to be up to 20W at 100m but non-continuous so 
less than 100% duty cycle) 
***20-100W (TBC) for the Electromagnets during docking mode, but 
only for a few minutes (from 1m inwards). 
 
 
Table 6: Payload Dimensions 
Unit Quantity Volume 
SSC Proximity Camera 1 20x5x15cm 
Glyph Panel (GP) 
LED Strings 
1 GP 
2 LED strings 
30x30cm 
Docking System/LIDAR Box 
Docking System Boxes 
1 
2 
15x15x15cm 
7.5x15x15cm 
Inspection Camera 1 6.3x 6.3x4.7cm 
Spacecraft parameters for the reference mission design 
Table 7 summarises the preliminary spacecraft 
parameters for the precursor reference mission design.  
This also shows that the overall preliminary mass and 
worst case power budgets are feasible in line with the 
assumptions made. Several Chaser and Target “day-in-
the-life” scenarios have been analysed with the worst 
case being a steady state mode for the Chaser at 10m, 
with the LIDAR “on”, however this may be pessimistic 
as we are highly unlikely to need the LIDAR and its 
processor on for so long prior to approach.  
Table 7: Summary of the baseline spacecraft 
parameters for the reference mission design 
Parameter Characteristics 
Spacecraft heritage 
Heritage baseline is the SSTL-42 range with 
some additional changes (e.g. PIU) 
Structure and payloads are bespoke 
Redundancy/ 
Reliability 
Fully Redundant (extra 3rd units in critical 
areas) 
Spacecraft 
Dimensions (exc. 
launcher interface) 
Hexagonal Cylinders:  
 Height 1.16m  
 Diameter: 0.6m (diameter across flats) 
Max Spacecraft 
Mass 
Dry Mass: 134.9kg (inc. system margin) 
Launch Mass: 146.9kg (inc. 12kg propellant) 
c.f. 150kg assumed for mission analysis and 
design estimates 
Payload 
 Chaser: Camera, COTS LIDAR, 
Payload Processors, Video Camera, 
Docking System 
 Target: Glyph/LED panel, Video 
Camera, Docking System 
Propulsion 
Xenon Cold Gas/Resistojet System providing 
redundant 6 DOF control, and 100mN thrust. 
Isp: 48s (Warm Gas), 30s (Cold Gas) 
AOCS Actuators 
Magnetorquers and Thrusters 
Reaction Wheels as backup 
AOCS Sensors 
Star-trackers, GPS, Magnetometers, Sun-
Sensors, Accelerometers 
Power System Body-Mounted Solar Arrays 
Power Generated 82.8W on Chaser 
Orbit Average 
Power Required 
79.1W (inc system margin) on Chaser 
RF 
Communications  
 S-Band TTC to Svalbard and Troll 
(nominal 10kbps, max 200kbps) 
 L-Band TTC using BGAN via I4 
(nominal 10kbps, max 250kbps) 
 S-Band 2-way Intersatellite Link (ISL), 
(nominal 10kbps) 
Data Handling Double Fault Tolerant Core-DHS OBC 
Payload Storage PIU from RemoveDebris 
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It can be seen from this table that the mass is in very 
close agreement with our assumption of 150kg after 
margins.  
The power budget could easily be improved by making 
platform a little wider. This is not an issue because 
original design was arbitrary (a minimum width to 
accommodate 0.6m mirrors) and widening platform 
would have no impact on original mirror configuration. 
It should be noted that an optional artificial LED light 
(from either or both spacecraft) could also be used in 
conjunction with the Video Cameras, to provide 
lighting during the final approach. This is not in the 
current baseline, but a brief investigation of the 
technology and system model shows that such a 
solution seems feasible even with a required power of 
~60-70 watts. This is because the required power is 
only transient (e.g. for ~1000s) rather than steady state 
which would not be feasible. Further work would be 
required to investigate artificial lighting in greater 
detail. 
Spacecraft Configuration  
The following images show the preliminary external 
spacecraft design configurations for the Chaser and 
Target.  
  
 
Figure 38: Image of the Chaser (left), Target 
(Middle) after both spacecraft after docking (right) 
The dispenser attachments are currently undefined but 
could be either on a side face or the +Z face for this 
precursor demonstration as we have no mirror/detector 
unit (the latter is assumed in the mission analysis). 
MISSION SAFETY AND ROBUSTNESS AGAINST 
COLLISION 
SSTL normally deals with missions/spacecraft where 
failure tolerance is addressed by simple redundancy 
(where possible) allowing 1 failure tolerance (i.e. single 
point failure tolerance), although in places it is much 
more tolerant. RDV&D missions are however, much 
more complex because they usually must have faster 
reactions and additional failure tolerance to a second 
failure during the RDV&D phases, i.e. the following 
requirements approach: 
 1 failure tolerance to complete mission 
 2 failure tolerance to avoid colliding with the other 
spacecraft 
This means that any single unit/subsystem credible 
failure must not prevent the mission from proceeding 
(implying the need for redundancy), whilst the second 
requirement means that a second credible failure (either 
in the same subsystem or a different subsystem) should 
not result in a collision with the other spacecraft 
(implying the need for the ability to perform a Collision 
Avoidance Manouevre even after two credible failures, 
which in turn implies the need for extra redundancy in 
critical areas, e.g. the need for a third OBC). It should 
also be noted that a single failure close to the other 
spacecraft could also pose a collision risk, so a rapid 
FDIR system is required to switch quickly to a 
redundant unit or perform a CAM, should passive 
trajectory safety not provide sufficient protection. 
Therefore, a substantial investigation into mission 
safety has been carried out, with particular emphasis on 
designing both spacecraft to provide a failure tolerant 
mission system which can avoid collisions between the 
Chaser and Target spacecraft. This has also included 
inputs from the mission analysis on trajectory safety 
and CAM’s. Particularly emphasis has been on the 
following: 
 Redundancy strategy and allowable non-credible 
single point failures and allowable non-credible 
double failures 
 Preliminary FMECA and fault tree analysis (FTA) 
for robustness against collision 
 Failure detection, isolation and recovery (FDIR) 
architecture for the chaser and target spacecraft 
Potential causes of Catastrophic Failure Modes which 
could result in collision of the chaser and target 
spacecraft, have been analysed via system level 
FMEA/FMECA and Fault-Tree Analyses, in order to 
design the system to be sufficiently robust. This 
analysis has been used to iterate and define the system 
architecture, levels of redundancy and preliminary 
FDIR strategy. Particular focus has been on subsystems 
directly related to the GNC architecture and related 
CONOPS (Propulsion, GNC/AOCS, OBDH, 
Rendezvous Sensors, and TT&C). 
The combination of all these analyses in combination 
with the expected failure tolerance requirements, has 
been a major design driver with the result being a 
highly robust and failure tolerant spacecraft  
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NEXT STEPS  
The remaining work is for SSTL and SSC to jointly 
conduct a developments and road-mapping exercise to 
define the needed Development Plan for flight 
implementation for both the GNC and Sensors. The 
study will end with a Final Review and completion of 
the Final Report 
CONCLUSIONS  
This paper has provided a brief overview of the current 
status of this study. The reference mission scope was 
modified to focus on a precursor “co-operative” 
RDV&D demonstrator consisting only of 2 spacecraft – 
a target and chaser. The following main topics have 
been analysed in detail for the baseline reference 
mission: 
 Mission Analysis 
 Systems  
 GNC simulation and modelling 
 Sensor Breadboarding and Testing 
The mission analysis included analysis of a complete 
end to end trajectory, including a close proximity 
forced approach from the baseline 10m as defined in 
DD3. However a range of other approach scenarios 
were analysed to reflect the fact that other applications 
(e.g. non co-operative missions or inspection missions) 
may need different approaches. Other aspects such as 
undocking, CAM’s and lighting conditions were also 
investigated. 
At the heart of the study was the GNC simulation and 
modelling which looked at the final approach of the 
close range rendezvous phase leading to the spacecraft 
docking conditions. This included defining and 
performing the GNC modelling and simulation to cover 
the GNC design during the final phase of rendezvous 
and docking.  A suitable control scheme was designed 
and a simulator based on Matlab/Simulink has been 
built and tested, including sensor and actuator models 
developed with regard to the existing literature and 
experimental results obtained by SSC and information 
provided by SSTL engineers.  
The simulator has then been used to perform various 
simulations for a close range rendezvous with a closed-
loop controlled quasi-straight line trajectory on the V-
bar axis from 10 m range. Simulation results were 
obtained for the final approach scenario in order to 
assess the suitability of the proposed control approach 
and of the GNC sensors and actuators considered. 
Excellent positional control was demonstrated to mm 
level and a final closing velocity less than the required 
1 cm/s. Variations in the guidance profile can be made 
in order to tweak the resulting terminal position and 
velocity if required. Fuel usage is also very good with a 
total ΔV of < 3 cm/s for a 10 m starting point. The fuel 
usage can also be scaled to longer distances owing to 
the linear consumption on the radial axis.  
For the proximity sensor package, the passive optical 
system using LEDs provides good results and could 
operate “solar blind” under all lighting conditions (day 
or night). The LIDAR performs well over short 
distances (up to 3m) but is known to be blinded by 
sunlight, and so further mitigation is needed for this. 
Both have an error in positioning of 5%. Thus, SSC are 
currently investigating the use of narrow-band near-IF 
optical interference filters and new algorithms in image 
processing data fusion techniques. Further work is 
needed to develop the LIDAR to work to the required 
range of 10m. 
Whilst this is not a systems study, a very wide range 
systems tasks related to the GNC were investigated and 
developed to achieve a sensible mission scenario 
including processing architectures, relative GPS/ISL 
development, propulsion architectures, collision 
avoidance and mission safety/robustness, 
communications and high level spacecraft system 
design. 
All of these parallel investigations has shown that a 
robust yet low cost GNC architecture using the sensor 
baseline for RDV&D is feasible and can be achieved 
via a mission using microsatellites. This has developed 
SSTL and SSC’s capability in RDV&D and provides 
both parties with the core GNC/sensor capability to be 
actively involved in future missions in this area. 
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